
 

NASA/TP-2000-209034

 

A Method for Calculating Transient Surface 
Temperatures and Surface Heating Rates for 
High-Speed Aircraft

 

Robert D. Quinn 
Analytical Services and Materials, Inc.
Edwards, California

Leslie Gong
NASA Dryden Flight Research Center
Edwards, California

 

December 2000



 

The NASA STI Program Office…in Profile

 

Since its founding, NASA has been dedicated
to the advancement of aeronautics and space 
science. The NASA Scientific and Technical 
Information (STI) Program Office plays a key
part in helping NASA maintain this
important role.

The NASA STI Program Office is operated by
Langley Research Center, the lead center for
NASA’s scientific and technical information.
The NASA STI Program Office provides access 
to the NASA STI Database, the largest collection
of aeronautical and space science STI in the
world. The Program Office is also NASA’s 
institutional mechanism for disseminating the
results of its research and development activities. 
These results are published by NASA in the
NASA STI Report Series, which includes the 
following report types:

• TECHNICAL PUBLICATION. Reports of 
completed research or a major significant
phase of research that present the results of 
NASA programs and include extensive data
or theoretical analysis. Includes compilations 
of significant scientific and technical data 
and information deemed to be of continuing 
reference value. NASA’s counterpart of 
peer-reviewed formal professional papers but 
has less stringent limitations on manuscript
length and extent of graphic presentations.

• TECHNICAL MEMORANDUM. Scientific
and technical findings that are preliminary or
of specialized interest, e.g., quick release
reports, working papers, and bibliographies
that contain minimal annotation. Does not
contain extensive analysis.

• CONTRACTOR REPORT. Scientific and 
technical findings by NASA-sponsored 
contractors and grantees.

• CONFERENCE PUBLICATION. 
Collected papers from scientific and
technical conferences, symposia, seminars,
or other meetings sponsored or cosponsored
by NASA.

• SPECIAL PUBLICATION. Scientific,
technical, or historical information from
NASA programs, projects, and mission,
often concerned with subjects having
substantial public interest.

• TECHNICAL TRANSLATION. English- 
language translations of foreign scientific 
and technical material pertinent to
NASA’s mission.

Specialized services that complement the STI
Program Office’s diverse offerings include 
creating custom thesauri, building customized
databases, organizing and publishing research
results…even providing videos.

For more information about the NASA STI
Program Office, see the following:

• Access the NASA STI Program Home Page
at 

 

http://www.sti.nasa.gov

 

• E-mail your question via the Internet to 
help@sti.nasa.gov

• Fax your question to the NASA Access Help
Desk at (301) 621-0134

• Telephone the NASA Access Help Desk at
(301) 621-0390

• Write to:
NASA Access Help Desk
NASA Center for AeroSpace Information
7121 Standard Drive
Hanover, MD 21076-1320



 

NASA/TP-2000-209034

 

A Method for Calculating Transient Surface 
Temperatures and Surface Heating Rates for 
High-Speed Aircraft

 

Robert D. Quinn
Analytical Services and Materials, Inc.
Edwards, California

Leslie Gong
NASA Dryden Flight Research Center
Edwards, California

 

December 2000

 

National Aeronautics and
Space Administration

Dryden Flight Research Center
Edwards, California 93523-0273



 

NOTICE

 

Use of trade names or names of manufacturers in this document does not constitute an official endorsement
of such products or manufacturers, either expressed or implied, by the National Aeronautics and
Space Administration.

Available from the following:

NASA Center for AeroSpace Information (CASI) National Technical Information Service (NTIS)
7121 Standard Drive 5285 Port Royal Road
Hanover, MD 21076-1320 Springfield, VA 22161-2171
(301) 621-0390 (703) 487-4650



  

t surface
ture and
lculate
nsition

ehicle,
es are in

                                                             
ABSTRACT

This report describes a method that can calculate transient aerodynamic heating and transien
temperatures at supersonic and hypersonic speeds. This method can rapidly calculate tempera
heating rate time-histories for complete flight trajectories. Semi-empirical theories are used to ca
laminar and turbulent heat transfer coefficients and a procedure for estimating boundary-layer tra
is included. Results from this method are compared with flight data from the X-15 research v
YF-12 airplane, and the Space Shuttle Orbiter. These comparisons show that the calculated valu
good agreement with the measured flight data.

NOMENCLATURE

a speed of sound, ft/sec

Btu British thermal units

c1, c2, c3, c4, c5 defined by equations 38 through 42

CFD computational fluid dynamics

Cf local skin friction coefficient

CM transition Mach number coefficient

Cp,w specific heat of wall material, Btu/lbm °R

DFRC Dryden Flight Research Center, Edwards, California

f function

F empirical factor in transient heating and heat transfer coefficient equations

F.S. fuselage station

g gravitational conversion factor, 32.17 lbm ft/lb sec2

h heat transfer coefficient, lbm/ft2 sec

H enthalpy, Btu/lbm

J mechanical equivalent of heat, 778 ft lb/Btu

K radiation geometry factor 1.0

m exponent in friction law

M Mach number

N reciprocal exponent in velocity profile power law

PL static pressure at edge of boundary layer, lb/ft2

Pst stagnation pressure, lb/ft2

P1 static pressure in front of shock, lb/ft2

Pr Prandtl number

q heat flux, Btu/ft2 sec



                                                                           
q/q0 ratio of circumferential heat flux on a sphere or cylinder to the stagnation point 

heat flux

r radius of body of revolution, ft

R radius of nose or leading edge, ft

R gas constant for air, 53.3 ft lb/lbm °R

RA modified Reynolds analogy factor

Re Reynolds number, 

Re, t transition Reynolds number, 

Rθ Reynolds number based on momentum thickness, 

S solar and nocturnal radiation input, Btu/ft2 sec

SB speed brake

ST Stanton number, h/ρV

t time, sec

T temperature

Tst stagnation temperature, °R

Tw wall or skin temperature, °R

rate of change of wall temperature, °R/sec

V velocity, ft/sec

W.S. wing station

x flow distance, ft

β radiation factor, σεK, Btu/ft2 sec °R4

γ ratio of specific heats

δ boundary-layer velocity thickness, ft

ε emissivity

Ζ compressibility factor in the thermal equation of state for air

θ boundary-layer momentum thickness, ft

θs circumferential angle for a cylinder or sphere from stagnation line, deg

Λ leading edge sweep angle, deg

µ dynamic viscosity, lbm/ft sec

ρ density of air, lbm/ft3

ρw density of wall material, lbm/ft3

σ Stefan-Boltzman constant, 4.758 × 10–13 Btu/ft2 sec °R4

τ wall or skin thickness, ft

ρVx
µ

-----------
ρVx

µ
-----------

ρVθ
µ

-----------

Ṫw
2
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φ circumferential angle for a cone, zero on cone center line, deg

stagnation velocity gradient, 1/sec

Subscripts

L local flow conditions in the inviscid shear layer or at the edge of the boundary lay

R boundary-layer recovery

st stagnation

w wall

2 conditions behind normal shock

Superscripts

* evaluate at the reference enthalpy

INTRODUCTION

The Dryden Flight Research Center (DFRC) Edwards, California, conducts flight research o
and advanced high-speed aircraft. Dryden also conducts ground research on new and uni
structures concepts in the Flight Loads Research Laboratory. The ability to reliably calculat
histories of transient aerodynamic heating rates and surface temperatures is essential to con
research and to ensure flight safety.

The best method for predicting aerodynamic heating is viscous computational fluid dynamics 
solutions (refs. 1 and 2). This method provides a direct means of computing heat flux as w
interactions between inviscid and viscous flow regions due to heat transfer and entropy-layer swal
However, these methods require large computer run times and storage, and each time th
conditions change (e.g. the Mach number, altitude and angle of attack) a new computer run m
made. Therefore, using CFD to calculate complete time histories of transient temperatures and h
becomes very expensive and time consuming. Further, for turbulent flow the accuracy of viscou
solutions is suspect due to the required use of empirical turbulent models.

Consequently, the use of viscous CFD solutions for calculating time histories of transient s
temperatures and aerodynamic heat flux is not feasible, and recourse to approximate aerodynami
methods is necessary. To meet these requirements for calculating transient surface temperatures
flux to conduct flight and laboratory research, an aerodynamic heating program called TPATH ha
developed. This program was originally developed to predict aerodynamic heating for flight safe
flight research on the X-15 research airplane. Subsequently, this program has been used to
transient surface temperatures and heating rates on all high speed flight vehicles flown at 
including but not limited to the YF-12, SR-71, Space Shuttle, TU-144, Pegasus Hypersonic Expe
and Hyper-X.

du
dx
------

 
 
 

x 0=
3
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This paper presents the heating methods used in this program and the methodology used to 
transient surface temperatures and surface heat flux for supersonic and hypersonic aircraft. Th
are compared to flight data from the X-15 research airplane, the YF-12 airplane and the space
orbiter.

TRANSIENT AERODYNAMIC HEATING

An aerodynamic heating program called TPATH has been developed at DFRC that is cap
quickly and reliably calculating time histories of transient surface temperatures and surface heat
supersonic and hypersonic speeds. This program uses approximate convective-heating methods 
transient surface temperature and heating rates for three-dimensional stagnation points, f
dimensional stagnation points with and without sweep, and for laminar and turbulent value
transition for flat plates, wedges and cones. A detailed description of these methods together w
methodology used to apply these approximate methods to supersonic and/or hypersonic veh
obtain reliable results is described below.

Stagnation Point

This section discusses transient heating equations and the heat transfer coefficient equation
are the equations used to calculate stagnation point heating.

Transient Heating Equations 

The equation used to calculate surface temperatures and heat flux for three-dimensional sta
points and two-dimensional stagnation points without sweep is (ref. 3)* 

(1)

and for two-dimensional stagnation points with sweep is

(2)

The S in equation 1 and 2 is for solar and nocturnal radiation input if required. This term is negl
except for low-speed flow and is normally set equal to zero. The term  is the heat lost by ra
from the surface of the aircraft to the atmosphere.

To obtain good surface temperatures and accurate heat flux, proper engineering judgment 
exercised in determining the heat capacity for the surface. Since the values of the s
heat and density  are thermal properties of the material, the only way to significantly
the heat capacity is to change the material thickness . For metallic leading edges with thickne

*This equation is sometimes referred to as the thin-skin heat balance equation, and describes the heat balance
surface is represented by a single lump with a heat capacity of .ρwCp,wτ( )

q ρwCp,wτ( )Ṫw F h( ) Hst Hw–( )  βTw
4

S+–= =

q ρwCp,wτ( )Ṫw F h( ) HR Hw–( )  βTw
4

S+–= =

βTw
4

ρwCp,wτ( )
Cp,w( ) ρw( )

τ( )
4
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0.1 inches, equations 1 or 2 will produce satisfactory results. For material thickness greate
0.1 inches the following approximations should be used:

For surface temperature rise rates  equal to or less than 10 °R/sec

where τ0 = 0.1 inches, τ1 = (τ – τ0), τ = actual thickness and  = equivalent thickness.

For surface temperature rise rates  greater than 10 but less than 20 °R/sec

 

For  greater than 20 but less than 40 °R/sec

 

and for  greater than 40 °R/sec

 

For metallic leading edges with thicknesses greater than 0.2 inches, it may be necessary to p
thermal analysis to verify the results.

For surfaces that are insulated with low conductivity insulation (e.g. the space shuttle), a m
thickness should be used that will result in a heat capacity of approximately 0.1 Btu/ft2 °R.

Heat Transfer Coefficients

To solve equations 1 and 2, the heat transfer coefficient (h) must be determined. In the TPATH
program, the heat transfer coefficients are calculated by the method of Fay and Riddell (ref. 4) fo
dimensional stagnation points. The method of Beckwith (ref. 5) is used for two-dimensional stag
points with or without sweep. The equation given by Fay and Riddell for a Lewis number of 1
dissociation) and a Prandtl number of 0.71 may be written as

(3)

and the equation given by Beckwith for a Lewis number of 1.0 and a Prandtl number of 0.71 m
written as

(4)

Tẇ

τ τ 0 0.5τ1+=

τ

Ṫw

τ τ0 0.4τ1+=

Ṫw

τ τ0 0.3τ1+=

Ṫw

τ τ0 0.2τ1+=

h 0.94 ρstµst( )0.4 ρwµw( )0.1 du
dx
------

 
 
 

x 0=
=

h 0.704 ρstµst( )0.44 ρwµw( )0.06 du
dx
------

 
 
 

x 0=
=

5
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The velocity gradient  is given by

(5)

and the stagnation enthalpy Hst for three-dimensional flow and two-dimensional flow with no sweep
calculated by the following equation:

(6)

where the subscript “2” denotes conditions calculated behind the normal shock. The wall enthalpHw is
given by Hw = ƒ(Tw, PL) and is determined from real gas tables obtained from ref. 6. For two-dimens
flow with sweep, the recovery enthalpy is computed by the following equation:

(7)

where the subscript “2” denotes conditions behind the swept normal shock, and 0.855 is the re
factor as given in ref. 7. The velocity V2, enthalpy H2 and pressure P2 behind the normal shock ar
computed by the real gas solution of Moeckel (ref. 8). Using these normal shock values, the
required flow conditions are calculated as follows:

(8)

(9)

(10)

(11)

(12)

du
dx
------

 
 
 

x 0=

du
dx
------

 
 
 

x 0=

1
R
---

2 Pst P1–( )g
ρst

-------------------------------=

Hst H2

V2
2

2gJ
---------+=

HR H2

V2
2

2gJ
--------- 0.855

V1
2

Λ2
sin

2gJ
----------------------+ +=

a2 γ2

P2

ρ2
------

 
 
 
 

=

M2 V2 a2⁄=

ρ2

P2

Ζ2RT2
------------------=

Pst P2 1
γ2 1–

2
--------------M2

2
+ 

 

γ2

γ2 1–
--------------

=

ρst ρ2 1
γ2 1–

2
--------------M2

2
+ 

 

1
γ2 1–
--------------

=

6
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(13)

(14)

The values for T2, γ2, ρ2, µw, µST and Ζ are determined from the real gas tables of ref. 6. It may
noted that the Ζ in equations 10 and 14 is the compressibility factor in the thermal equation of sta
air.

The application of the above method to calculate supersonic and hypersonic stagnation po
leading edge heating on flight vehicles is presented in Appendix A.

Constant Entropy Solutions†

The method used to calculate transient aerodynamic heating for constant entropy flow is discu
this section.

Transient Heating Equation

The following equation is used to calculate transient surface temperatures and heat flux.

(15)

Equation 15 is the same as equation 2 except that the empirical F factor in equation 2 is omitted. As
was the case for stagnation point calculations, to obtain accurate surface temperatures and hea
proper value for the heat capacity (ρwCp,w τ) must be used. The only way to significantly vary the h
capacity is to change the skin thickness (τ). For metallic surfaces the actual skin thickness gives g
results for thickness up to 0.1 inches. For metallic thickness greater than 0.1 inches the value forτ given
in the previous section should be used, and for thicknesses greater than 0.2 inches, a thermal ana
be necessary. For surfaces that are insulated with low conductivity insulation (e.g. space shu
material thickness should be used that results in a heat capacity of approximately 0.1 Btu/ft2 °R

Laminar Heat Transfer

To solve equation 15 the heat transfer coefficients are calculated by the following relationship:

(16)

which reduces to
†Although constant entropy flow will only occur on a surface with a sharp leading edge or nose, many aircraft surfa

be approximated by shapes where constant entropy solutions can be used with good results.

Tst T2 1
γ2 1–

2
--------------M2

2
+ 

 =

ρw

Pst

ΖwRTw
--------------------=

q ρwCp,wτ( )Tw
˙ h( ) HR HW–( ) βTw

4
S+–= =

h F( ) 0.332

Re,L
---------------- ρ∗ µ∗

ρLµL
------------- Pr,w( ) 0.6– ρLVL( )=
7
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Equation 16 is based on the Blasius incompressible skin friction formula (ref. 10) and is rela
heat transfer by a modified Reynolds analogy by the following formula:

(18)

where (Pr,w)-0.6 is the modified Reynolds analogy factor and the Stanton number “ST” is given by:

(19)

and the Blasius skin friction formula is:

(20)

Compressibility effects are accounted for by Eckert’s reference enthalpy method (refs. 11 a
and the flow properties are evaluated at the reference enthalpy given by the following equation:

(21)

where

(22)

and 

The values of Hw, HL, T* and µ* are obtained from real gas tables. (ref. 6).

h F( )0.332
ρ∗ µ∗ VL

x
-------------------- Pr,w( ) 0.6–

=

ST RA
Cf

2
-------=

ST h
ρV
-------=

Cf

2
------- 0.332 Re,L( ) 1 2⁄–

=

H∗ 0.5 Hw HL+( ) 0.22 HR HL+( )+=

HR HL Pr,w
VL

2

2gJ
---------+=

Hw f Tw PL,( )=

HL f TL PL,( )=

T∗ f H∗ PL,( )=

µ∗ f T∗ PL,( )=
8



icient
ds are
ry of

tion 18

owing

lowing
The value for ρ* is calculated from the following equation:

(23)

where Ζ* = f (T*,PL) and is obtained from ref.6.

Turbulent Heat Transfer

The turbulent heat transfer coefficient is obtained by solving for the turbulent skin friction coeff
and then relating the skin friction to heat transfer by a modified Reynolds analogy. Two metho
available in the TPATH to calculate turbulent heat transfer. The first is the skin friction theo
van Driest (ref. 13) given by the following equation:

(24)

where

The heat transfer coefficient is then calculated by relating heat transfer to skin friction by equa
and using the following modified Reynolds analogy factor:

(25)

The heat transfer coefficient calculated by the van Driest method is then given by the foll
equation:

(26)

The second method for calculating turbulent heat transfer in the TPATH program uses the fol
incompressible skin friction equation:

ρ∗
PL

Ζ∗ RT∗
-------------------=

0.242

A C f

Hw

HL
--------

----------------------------- A B 2A⁄–

B 2A⁄( )2
1+

------------------------------------
1–

sin B 2A⁄

B 2A⁄( )2
1+

------------------------------------
1–

sin+

0.41– ReLC f( )log 0.76
Hw

HL
--------log 0=+–

A

γ 1–
2

-----------ML
2

Hw HL⁄
-------------------- = and B

1
γ 1–

2
-----------ML

2
+

Hw HL⁄
------------------------------ 1.0–=

RA Pr,w( ) 0.4–
=

h F
Cf ρLVL

2 Pr,w( )0.4
--------------------------=
9
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(27)

This equation is transformed to the compressible plane by Eckert’s reference enthalpy m
(ref. 11) resulting in the following equation for compressible skin friction:

(28)

where the density and viscosity in the Reynolds number are evaluated at the reference enthalpy 
and the recovery enthalpy (HR) is computed from the following equation:

(29)

Equation 28 is then related to the heat transfer coefficient by a modified Reynolds analogy (e
19 and 25) resulting in the following equation:

(30)

The enthalpy Hw and the Prandtl number Pr,w are functions of temperature and boundary-layer e
static pressure and are obtained from real gas tables. (ref. 6).

The F factors in equation 17, 26, and 30 are usually used to correct two-dimensional heat t
coefficient to conical flow values. The transformation factors are 1.73 and 1.15 for laminar and tur
flow respectively. (ref. 11).

The methods used to calculate the local flow values required to solve the above equations 
application of the above methods to calculated supersonic and hypersonic laminar and turbule
transfer on flight vehicles are discussed in Appendix B. It should be noted that real gas proper
used in all solutions. (ref. 6).

Variable Entropy Solutions

The method used to calculate transient aerodynamic heating for variable entropy flow is prese
this section.

Transient Heating

The transient equation for variable entropy is

(31)

C f

2
------- 0.185

Re,Llog( )2.584
------------------------------------=

Cf

2
-------

0.185

Re∗log( )2.584
---------------------------------- ρ∗

ρ∞
-------

 
 
 

=

HR HL Pr,w( )1 3⁄
VL

2
2gJ⁄+=

h F
0.185

Re∗log( )2.584
---------------------------------- Pr,w( ) 0.4– ρ∗

L
VL( )=

q ρwCp,wτ 
  Ṫw h HR Hw–( ) βTw

4
S+–= =
10
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The equations used to calculate the heat transfer coefficients for constant entropy flow could 
used for variable entropy flow‡ if the local flow conditions at the edge of the boundary layer are kno
The equations and procedure for determining the boundary layer edge condition and subseque
heat transfer coefficient for laminar and turbulent flow, under variable entropy conditions, is des
below.

Laminar Heat Transfer 

To calculate heat transfer coefficients for variable entropy flow, it is more convenient to defin
heat transfer coefficient in terms of momentum thickness θ instead of flow distance x. In terms of
momentum thickness the heat transfer coefficient is given by the following equation:

(32)

This equation is obtained by relating the Blasius incompressible skin friction equation (ref. 
heat transfer by a modified Reynolds analogy factor and accounting for compressible effects by E
reference enthalpy method (refs. 11 and 12). For Eckert’s method, the flow properties are evaluate
reference enthalpy given by the following equation

(33)

The momentum thickness “θ” is calculated for axisymmetric flow by (ref. 13).

(34)

and for two-dimensional flow by

(35)

For constant pressure surfaces, equation 35 reduces to the well-known flat plate equation

(36)

‡All surfaces with a blunt leading edge or blunt nose will have variable entropy flow.

h 0.22 Rθ,L( ) 1– µ∗
µL
------

 
 
 

Pr,w( ) 0.6– ρLVL( )=

H∗ 0.5 Hw HL+( ) 0.22 HR HL–( )+=

θ 0.664

ρ∗ µ∗ VLr
2

xd

0

x

∫
1 2⁄

ρ∗ VLr
-------------------------------------------------=

θ 0.664

ρ∗ µ∗ VL xd

0

x

∫
1 2⁄

ρ∗ VL

--------------------------------------------=

θ 0.664 µ∗ x
ρ∗ VL

--------------=
11
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Equation 36 may also be used for two-dimensional surfaces with small pressure gradien
satisfactory results. Equations 34 and 35 provide a technique to include the effect of geome
variable edge conditions about a blunt body on the laminar momentum thickness calculations.

Turbulent Heat Transfer

The turbulent heat transfer is also computed by using a skin friction based on the mom
thickness and relating the skin friction to heat transfer by the following modified Reynolds an
factor:

(37)

The skin friction equation used for turbulent flow is

(38)

which for an assumed 1/7th velocity profile results in the well known Blasius incompressible skin fr
relationship (ref. 10) of

(39)

It is known that the velocity profile exponent for turbulent flow varies with Reynolds num
Therefore, a relationship between Reynolds number and the velocity profile exponent is requ
obtain good results over a wide range of Reynolds numbers. Reference 14 gives the fo
relationship for axisymmetrical flow

(40)

For two-dimensional flow the following equation was determined from measured data of (ref. 1

(41)

From equations 37 and 38 and Eckert’s reference enthalpy (equation 33), to accou
compressibility, the following equation for the turbulent heat transfer coefficient is obtained

(42)

The momentum thickness is calculated for axisymmetric flow by

RA Pr,w( ) 0.4–
=

Cf

2
------- c1 Rθ,L( ) m–

=

C f

2
------- 0.0128 Rθ,L( ) 1 4⁄–

=

N 12.67 6.5 Rθ,L( )log 1.21+– Rθ,Llog( )2
=

N 14.92 6.5 Rθ,L( )log 1.21 Rθ,Llog( )2
+–=

h c1 Rθ,L( ) m– µ∗
µL
------

 
 
  m

ρ∗
ρL
------ 

  1 m–( )
Pr,w( ) 0.4– ρLVL( )=
12



)

(43)

and for two-dimensional flow by

(44)

which for constant pressure surfaces reduces to the flat plate equation

(45)

The relations for the exponents and coefficients in equation 42 through 45 are given as (ref. 14

(46)

(47)

(48)

(49)

(50)

(51)

The boundary layer thicknesses are then determined by the following equation

(52)

θ

c2 ρ∗ VL µ∗( )m
r
c3 xd

0

x

∫
c4

ρ∗ VLr
--------------------------------------------------------------=

θ

c2 ρ∗ VL µ∗( )m
xd

0

x

∫
c4

ρ∗ VL

-------------------------------------------------------=

θ
c2VLρ∗ µ∗( )m

x
c4

ρ∗ VL

------------------------------------------------=

m 2
N 1+
-------------=

c1
1
c5
-----

 
 
 

2N
N 1+( )

------------------
N

N 1+( ) N 2+( )
-------------------------------------

m

=

c2 1 m+( )c1=

c3 1 m+=

c4
1
c3
-----=

c5 2.243 0.93N+=

δ
θ
--- 5.55=
13
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For laminar flow on bodies of revolution (ref. 14), or:

(53)

For laminar flow on wings (ref. 10), or:

(54)

For turbulent flow on bodies of revolution (ref. 14) and

(55)

for turbulent flow on wings. Equation 55 was obtained based on results of reference 15.

The values of Hw, HL and Pr,w are determined from real gas tables obtained from reference 6.

To solve the above for variable entropy flow, an inviscid CFD solution is assumed to be kn§.
Then, by means of an iterative process, the momentum thickness, equations 34, 35, 43, and
reference enthalpy equation 33, and corresponding ratios of boundary layer thickness to mom
thickness (eqs. 52 through 55) are used to determine the local flow at the edge of the boundary la
procedure accounts for variable entropy effects by locally moving out in the inviscid flow field
distance equal to the boundary layer thickness, δ. These results must then be coupled with the trans
heating equation (eq. 31) to solve for the transient surface temperatures and heat flux. This me
accounting for variable entropy flow has been shown by Zoby (refs. 14 and 16) to produce aerod
heating that is in good agreement with viscous CFD solutions and with measured data.

The procedure used in the TPATH program to calculate the local flow values required to so
above equation are presented in Appendix C.

Boundary Layer Transition Criteria

The transition from laminar to turbulent flow has been the subject of investigation for over 100 
However, the prediction of boundary layer transition is still more of an art than a science. Two 
primary parameters that affect boundary layer transition are the local Reynolds number and loca
number. The TPATH program uses the following equation that incorporates these parameters to
transition:

§The inviscid CFD solution can also be used for constant entropy flow.

δ
θ
--- 7.50=

δ
θ
--- N 1

N 2+
N

-------------
Hw

HR
-------- 1+

 
 
 

1 1.29 Pr,w( )0.33 VL
2

2gJHL
-----------------+

 
 
 

×+ +=

δ
θ
--- N 1

N 2+
N

-------------
Hw

HR
-------- 1.4+

 
 
 

1 1.29 Pr,w( )0.33 VL
2

2gJHL
-----------------+

 
 
 

×+ +=
14
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(56)

Based on this equation, if the log of the local Reynolds number (Re,L) at a given point in the
trajectory, is greater than the log of the local transition Reynolds number plus the transition Mach n
coefficient (CM) times the local Mach number, then the TPATH calculates values for turbulent flo
the log of the Reynolds number is equal to or less than this value, then laminar flow values are cal
The user must input the log of the transition Reynolds number and the transition Mach n
coefficient. The following table lists the transition Reynolds number and Mach number coeffic
recommended:

Of course these recommendations are subject to change if specific information is available tha
cause premature transition such as any or all of the following: surface roughness, shock interac
flow field contamination.

RESULTS AND DISCUSSION

The heat transfer theory described in the preceding sections has been used to predict tempera
heat flux in support of numerous high-speed flight programs. Some of these programs have pr
measured data that was compared to calculated values. Comparisons between measured 
predicted values for the X-15 research airplane, space shuttle orbiter and the YF-12 are presente

X-15 Airplane

Figures 1 through 7 present comparisons of calculated values with temperatures or heat 
coefficients measured on the X-15 airplane. Figure 1 shows a comparison of calculated and m
temperatures on the wing leading edge for a flight to a Mach number 6.0 (ref. 17). As can be s
agreement is excellent. Figure 2 shows comparisons of temperatures measured on the wing mids
(ref. 17). The comparisons are made at the 4-, 10-, 20- and 46-percent chord. Calculated tempera
shown for laminar and turbulent flow. At the 4 percent chord the laminar calculated values are i
agreement with the measured data. The boundary-layer flow was obviously laminar at this locat
the 20- and 46-percent chord the measured data are in good agreement with the calculated tem
for turbulent flow. As can be seen at the 10-percent chord, the temperatures predicted assuming
flow are slightly lower than the measured data. This indicates that the boundary layer at the 10-
chord is mostly laminar flow with some transitional flow. Figure 3 shows comparisons of calculate

Recommended transition Reynolds number 
and Mach number coefficients.

CM

Fuselage 5.5 0.2

Wing – no sweep 5.5 0.2

Wing – with sweep 5.5 0.1

Re,Llog Re,tlog CM ML( )+>

Re,tlog
15



ight the
ht, the
t flow
inar and
 altitude
 data
ht the

ight the
ows a
light to a
static
and static
sons of
rake. The
 for the
e overall
measured
. This
ATH

easured
m Mach
ata when

e 8 with
 with the
ata. This
qualize
d at

red with
ta at the
before

the lower
e taken
e
ta.

locations.
ent is

and the
gure 11
 a hollow
measured heat transfer coefficients (ref. 18). The data were measured during two flights. In one fl
boundary layer was turbulent from just aft of the leading edge to the trailing edge. In the other flig
boundary layer was laminar for the first foot of the midsemispan and transitioned to turbulen
between 1 and 1.4 ft. As shown, the calculated values are in good agreement with both the lam
turbulent data. Figure 4 shows a comparison of measured and calculated temperatures for a low
flight and a high altitude flight (ref. 18). Both flights obtained a maximum Mach number of 5.0. The
were measured on the wing midsemispan 1.4 ft aft of the leading edge. For the low altitude flig
agreement between measured and calculated temperatures is good. For the high altitude fl
agreement is also good if the time of boundary-layer transition is known. Figure 5 (ref. 17) sh
comparison of measured and calculated temperatures on the lower fuselage at station 72.5 for a f
Mach number of 6.0. Also shown in figure 5 is a time history of the calculated local surface 
pressure with comparison to flight measured data. As can be seen, the measured temperatures 
pressures are in good agreement with calculated values. Figure 6 (ref. 18) shows compari
measured and calculated temperatures on the lower fuselage centerline and the lower speed b
measured data were obtained during a Mach 5.0 flight. As shown, the calculated temperatures
fuselage are slightly higher than the measured values at the maximum temperature, however, th
agreement is good. The calculated temperatures for the speed brake are in good agreement with 
data for the heating portion of the flight but somewhat over predict the flight data during cool down
overprediction is probably the result of internal conduction that is not accounted for in the TP
program. The overall agreement is considered good. Figure 7 (ref. 19) shows a comparison of m
and calculated Stanton numbers for the upper vertical tail. The data were obtained at a free strea
number of 5.25. The calculated Stanton numbers are in excellent agreement with the measured d
the flow is fully turbulent. 

Space Shuttle

Temperatures measured on the lower wing of the space shuttle (ref. 20) are compared in figur
values calculated using the TPATH program. The calculated temperatures are in good agreement
measured data except just before touchdown when the calculations overpredict the measured d
discrepancy is caused by internal cooling resulting from atmospheric air entering wing bays to e
pressure (ref. 21). It may be noted that transition from laminar to turbulent flow occurre
approximately 1150 sec. Temperatures measured on the lower fuselage (ref. 22) are compa
calculated temperatures in figure 9. The calculated values slightly underpredict the measured da
maximum temperatures. However, the overall agreement is good. The overprediction just 
touchdown due to internal cooling is again evident.

YF-12 Airplane

Figure 10 shows comparisons between calculated and measured temperatures obtained on 
wing at three locations. The data were obtained during a flight to a Mach number of 3.0, and ar
from reference 23. The calculated temperatures for x = 0.8 ft are in excellent agreement with th
measured data. The calculated temperatures for x = 14.0 and 39 ft slightly over predict the measured da
These overpredictions are due to conduction losses to the large spars that are close to these 
These conduction losses are not accounted for in the TPATH program. The overall agreem
considered to be good since the overprediction is expected in areas near substructure 
temperatures are close enough that the effect on the heat transfer coefficient is negligible. Fi
shows a comparison of measured and calculated Stanton numbers. The data were measured on
16
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cylinder (ref. 15) during a YF-12 boundary-layer experiment. The data were obtained at stead
flight conditions at a free stream Mach number of 3.0. The measured data are compared with
predicted by the theory of van Driest. The theory of van Driest is one of the two turbulent theories 
calculate transient aerodynamic heating in the TPATH program. As shown in Figure 11, the agr
between measurements and theory is excellent. It may be noted that fully developed turbule
occurred approximately at a Reynolds number of 1.2 million.

CONCLUDING REMARKS

An aerodynamic heating program called TPATH used at the NASA Dryden Flight Research Ce
calculate transient surface temperatures and heating rates has been described. The semi-
aerodynamic heating theories used in the program have been presented in detail and the proced
for calculating the local flow at the edge of the boundary layer for both constant and variable e
flow has been presented. In addition, boundary-layer transition criteria were presented. The applic
these approximate methods to calculate supersonic and hypersonic laminar and turbulent heat tra
flight vehicles has been described.

Transient surface temperatures and heating rates predicted by this program were compared
measured data obtained on the X-15 research vehicle, the YF-12 airplane and the Space Shuttl
These comparisons show that the values predicted using the TPATH program are in good agreem
measured surface temperatures and measure heat transfer coefficients.

Dryden Flight Research Center
National Aeronautics and Space Administration
Edwards, California, August 24, 2000
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Figure 1. Comparison of measured and calculated temperatures on the leading edge of the X-15 
.

Figure 2. Comparison of measured and calculated surface temperatures on the wing midsemisp
X-15 airplane. .
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Figure 3. Measured and calculated heat transfer on the X-15 wing. .

Figure 4. Comparison of measured and calculated surface temperatures on the X-15 wing
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 fuselage

eed brake
Figure 5. Comparison of measured and calculated temperature and surface static pressure for
bottom centerline at fuselage station 72.5. .

Figure 6. Comparison of measured and calculated surface temperatures on the fuselage and sp
of the X-15 airplane. .
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Figure 7. Comparison of measured and calculated heat transfer on the vertical tail of the X-15 a
.
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e Shuttle

enterline
Figure 8. Comparison of measured and calculated surface temperatures on the wing of the Spac
Orbiter.

Figure 9. Comparison of measured and calculated surface temperatures on the lower fuselage c
at fuselage station 877 of the Space Shuttle.
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Figure 10. Comparison of flight measured and calculated surface temperatures on the lower win
YF-12 airplane. .

Figure 11. Comparison of measured and calculated heat transfer. .
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APPENDIX A

Calculating Stagnation Point and Leading Edge Heating for High-Speed Vehicles

The calculation of stagnation point heating using the TPATH program (equations 1 through
straightforward. The method, described in the stagnation point section, is shown in this report to p
excellent results. However, this program does not have a direct means of computing the circumf
heating on spherical or cylindrical leading edges. Equations are available to make these calc
(ref. 5) and these equations are scheduled to be incorporated in the TPATH program. 

In lieu of the exact equations, the following methodology is used to compute circumferentia
transfer on cylinders and spheres. This method can be used for any leading edge or nose of a ve
can be approximated by a cylinder or sphere. Figures A-1 and A-2 show curves of heat transfer co
with circumferential angle (θs) for a sphere and cylinder. These curves are based on the Lees 
(ref. 24). Although figures A-1 and A-2 show heating values from θs = 0 deg to θs = 90 deg, it is well
known that the values for θs greater than 70 deg are questionable. Therefore, these curves should o
used for values of θs from 0 to 70 deg. This is not a restriction since most if not all leading edges
before θs = 70 deg. In other words, the cylindrical portion of a leading edge ends by θs = 70 deg and the
wing or fuselage surface begins. Therefore, to calculate the heating rate for say θs = 20, 40 and 60 deg, go
to one of these curves, choose the ratio of q/q0 and use this value as the F factor in equation 1 or 2 to
calculate the heating temperatures for these locations.

Figure A-1. Heating distribution on a hemisphere.

Figure A-2. Heating distribution on a cylinder.
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APPENDIX B

Calculating Local Flow for Laminar and Turbulent Heat Transfer on 
High-Speed Aircraft

The approximate methods in the TPATH program used to calculate heat transfer and tempe
have been shown (ref. 15 through 22) to predict values that are in good agreement with measu
when the proper values for the local flow at the edge of the boundary layer are used. Since the a
the TPATH program to calculate local flow values is limited, engineering judgment and experienc
be used to calculate the local flow values that will provide good heating results.

The TPATH program has the ability to use free stream conditions for local flow or to calculate
flow by means of a real gas solution for the oblique shock theory (ref. 6), Prandtl-Meyer exp
theory (ref. 9) or tangent cone theory (ref. 25). It should be noted that all shock solutions used
TPATH program are real gas shock solutions. Ideal gas solutions are not used because they will 
inaccurate results for high-speed flow. With these theories, the local flow values can be obtained
plates, wedges, cones or any surface where two-dimensional expansion can be assumed. A
aircraft are not made of flat plates, wedges, or cones, it is fortunate that many aircraft surfaces
approximated by flat plates, wedges or cones. Specific recommendations for calculating the loc
properties required by the heating equation are presented below. These recommendations are 
many years of experience and have been shown to predict accurate heating rates and/or
temperatures (See Results and Discussion Section) for the YF-12 airplane, the X-15 airplane 
space shuttle orbiter.

Wing

The heating rates for the leading edge are calculated by the procedure explained in Appendix
the wing surface aft of the leading edge the following two methods are used.

Method 1 

The flow conditions in front of the wing are assumed to be free stream. This is usually not true
the fuselage forebody will change the flow conditions in front of the wing. However, for most foreb
except those with large blunt noses this assumption is adequate. Assume a wedge half-angle tha
to the angle between the wing center line and a line that is tangent to the leading edge at the poi
the cylindrical leading edge ends and the wing skin begins. See figure B-1 below.

Figure B-1. Wing cross section

Tangent point

Wedge half-angle
000555
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Using this wedge half-angle, the local flow condition at the tangent point is calculated by o
shock theory with sweep angle neglected (e.g. sweep angle equal to zero). The local flow af
oblique shock is then used as inputs to the Prandtl-Meyer expansion theory to calculate the flow o
entire wing.

Method 2
For this method it is assumed that the local flow conditions in front of the wing shock are known

from an inviscid CFD solution for the fuselage forebody). To calculate the flow at the wing surface
the leading edge skin tangent point, the following procedure is used:

The modified Newtonian theory, as given by the following equation:

 (B-1)

is used to calculate the surface static pressure around the cylindrical leading edge to the tange
The modified Newtonian theory has been shown (ref. 5) to predict static pressure that is in
agreement with measured data. Then make a swept oblique shock calculation using a wedge h
that results in a calculated surface static pressure at the tangent point that is equal to the 
calculated by the modified Newtonian theory at that point. Then use the results from the swept 
shock solution together with the Prandtl-Meyer expansion theory to calculate the local flow on the
and lower wing surfaces.

Fuselage

The heat rates and temperatures for the nose of the fuselage are calculated using the p
described in Appendix A. The local flow conditions on the lower fuselage centerline φ = 0 deg is
calculated by the tangent cone method (ref. 25). This method assumes that the local surfac
pressure is equivalent to the pressure on a cone with a semi-vertex angle equal to the angle bet
tangent to the surface and the direction of the flow. This method is shown in ref. 25 and figure 5
report to predict values that are in good agreement with the measured surface static pressures. 
pressure calculated behind the conical shock for the given semi-vertex angle is then used toget
the static pressure to calculate the other local flow values (ref. 9), or the user can input a value
total pressure. If the nose is not too blunt¶, such as the YF-12 or X-15 airplanes, the total press
produced by the conical shock is satisfactory. If the nose is very blunt such as the space shuttle
pressure that is about half way between the conical shock value and the normal shock will p
satisfactory results. The above procedure provides a means for varying the total pressure as one m
on the fuselage and can be used to approximate local flow values for variable entropy calculation

For circumferential local flow values, the local static pressures are calculated by the method g
(ref. 26). The total pressure is input by the user and depends on circumferential locations. See fig
For φ = 90 deg a total pressure equal to that behind the conical shock is usually a good approxima
for φ = 180 deg (top centerline) a total pressure between the conical shock value and the free strea
is used depending on the angle of attack. For low angles of attack# the conical shock value is appropriat

¶The definition of what is and what is not too blunt depends not only on the nose radius, but also on the overall 
the fuselage forebody. As an initial guide, it may be assumed that a radius of 6.0 inches or less is not too blunt.

#For the purpose of this discussion, an angle of attack from 0–10 degrees is low.

PL Pst θ2
scos P1 θ2
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and for high angles of attack the free stream total pressure will produce satisfactory results. With t
static and total pressures known, the other local flow conditions are calculated using the s
compressible equation (ref. 9).

Figure B-2. Fuselage cross section.

Once the local flow values are determined, they are input into equations 12, 20, or 24 to calcu
heat transfer coefficient, and the heat transfer coefficient is then used in equation 10 to calcu
transient surface temperatures and heating rates. It should be noted that for conical flow the F factor in
equations 12, 20, and 24 should be 1.15 for turbulent flow and 1.73 for laminar flow.

φ = 180 deg

φ = 0 deg

φ = 90 deg

φ

000556
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APPENDIX C

Local Flow Calculation for Variable Entropy Solutions

The heating equations necessary to calculate transient aerodynamic heating and surface tem
for variable entropy flow (e.g. blunt bodies) have been presented in the Variable Entropy So
section (eqs. 25 through 48). In order to solve these equations the local flow values must be dete
The first choice for predicting the local flow for blunt bodies of an arbitrary cross section is a g
inviscid CFD solution. A general inviscid CFD solution for wing/body combination of an arbitrary c
section is being developed under a grant to UCLA and will be incorporated into the TPATH 
completed. In the meantime, one must resort to an approximate method to calculate the local flow
required to obtain variable entropy solutions. The following methods are recommended until the in
CFD solution is available:

Wing

For wings with relative small leading edge bluntness**  (e.g. X-15 and YF-12) the methods given 
Appendix B can be used with satisfactory results. For wings with large blunt leading edges (e.g
shuttle) the tangent wedge method should be used. This method uses the angle between the tang
surface and the direction of flow as a wedge half-angle. Using this wedge half-angle, the loca
conditions at the tangent point are calculated by oblique shock theory. A new wedge half-a
determined for each point on the wing where calculations are to be made. This method provides 
to vary the entropy along the wing surface.

Fuselage

The method presented in Appendix B can be used to approximate the local flow values for v
entropy solutions. 

** The definition of what may be considered small leading edge bluntness depends not only on the radius of the
edge, but also the shape of the wing aft of the leading edge. As an initial guide, a radius of 1 inch or less is assumed tsmall
leading edge bluntness.
28
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